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TOWER OF COMPRESSIBILITY EFFECTS ON A ROTOR

HAVING NACA 632—015 ATRFOIL SECTIONS

By James P, Shivers and Paul J. Carpenter
SUMMARY . T

An investigation has been conducted on the Langley helicopter test
tower to determine experimentally the effects of compressibility on the
hovering performaence and the blade pltching moments of a helicopter rotor
having NACA 632-015 elrfoll sections. Data are presented for blade tip

Mach numbers from 0.31 to O.Tl.

The results show that the rotor having NACA 632—015 glrfoll sectlons

can operate at much higher mean blade 11ft coefflcients before encountering
compressibility losses than were Indicated from previous tests of rotors
having NACA 23015 airfoil sections. At a tip Mach number of 0.71, mean
blade 1ift coefficlents of about 0.6 were reached without any apprecisble
compressibllity losses.

The results show that the two-dimensionael airfoil-section data pro-
vide a reasonasble basls for predicting the onset of compressibllity losses
and that the differences in Mach number for drag dlvergence between air-
foils shown by two-dimensional dabta are realized in actual rotor tests.

INTRODUCTION

One method of meeting the requirements of increased hellcopter speeds
and higher disk loadings is by increasing the rotor-blade tip Mach num-~
ber. Deslign studles of helicopters wilth rotor tip speeds in the high
subsoniec Mach number range and with high blaede loadings have emphasized
the need for experimental rotor performance and blede pitchlng-moment
data on rotors operating in the region of compressibility effects.

Some initiel deta on the effects of compressibllity on rotor hovering
performance have been obtained wlth rotor blades having NACA 23015 alr-
foll sections (ref. 1). The objective of that investigation was the
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determination of the effects of compressibility for that rotor and the
extent to which the compressibility dreg rise could be predicted from
available two-dimensionsl airfoil-section data.

The present investigation, which is en extension of that of ref-
erence 1, was conducted with a rotor having NACA 632-015 alrfoil sectlions.

The purpose of this investigation was to determine the effecte of com-
presslibility on rotor performsnce and the extent to which the onset of
compressibility drag rise could be predicted_for & rotor blade having
the samez thickness ratlio as that of reference 1 but with a chordwlse
thickness distribution more favorable for high-tip-speed performance.
Inesmuch as no high-speed two-dimensional section drag data for the NACA
652-015 alrfoll were available, unpublished two-dimensional section datsa

for the NACA 642-015 alrfoll were used to make a comparison with the

experimental rotor drag divergence. (These date remain unpublished since
they include an undetermined tare in the section drag coefficlent and
the maximum 1ift coefficlents are uncertain.) This particuler rotor was
selected for study because the NACA 632-015 airfoll is one of those con-

sldered for low-pressure pressure-jet applicatlon wherein the rotor _
bledes rmst meet the dusl requirements of operasting at high tip gpeeds
and yet have large internal volume for air ducts. Also, compressibllity
losses can be studied at lower tip speeds than for thinner sections; thus,
some of-the structural problems encountered in tests at high tip speeds
are alleviated. :

The rotor blades were tested on the Langley helicopter test tower
over a tip Mach number range from 0.31 to 0.7l (disk loading up to 7 pounds
per squere foot) with a corresponding blade t1lp Reynolds number range

from 2.19 x 106 to k.96 x 106. Inesmuch as the rotor-blade leading edge
may become rough in fleld service due-to abrasions or to the accumila-
tion of foreign particles, such as bug spatters, the tests were repeated_
for three tip Mach numbers (0.46, 0.62, and 0.7l) with NACA standard

leading-edge roughness.

Drag and lift—curves as a function of blade angle of attack snd
Mach nurber were synthesized by using the rotor experimental data and
unpublished date on the NACA 645-015 airfoll. Such information should
be useful in predicting the onset of compressibllity power losses and -
thelr rate of growth for rotors heving similar asilrfoils.

SYMBOLS

a slope of section-lift-coefficient curve as a funchtion of.section
angle of attack (radian measure), assumed to be 5.75

b nunber of blades per rotor
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CyM

Cq

Q,0

Ca
€a,0

C

8

measured blade pitching-moment coefficlent, M
1/2pc2(§R)2R
rotor torque coefficlent, ——E—Q___EE
R=p(OR)
rotor profile-drag torque coefficient, -———fkl———-
7R2p(OR)2R
thrust coefficient, ——m—i—r
*R2p(R)2

blade section chord at radius r, £t

blade drag coefficient
section profile-drag coefficient T

alrfoil sectlion 1lift coefficient
mean rotor-blede 11ft coefficlent, —g!

measured pltching moment of a rotor blade, 1b-ft

tip Mach number

pSiRc

Reynolds number,

total rotor torgque, 1b-fi

rotor profile-drag torgue, 1lb-ft

blade radius, £t
radial distance to a blade element, £t
rotor thrust, 1lb

ratio of blade element radius to full radius, r/R
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a angle of attack, deg
Qe - -Ai-blade sectlon aﬁgle of "attack, deg -
<] blade-section pitch angle meassured from line of zero 1ift,
radians
® coefficlent of viscosity, slugs/ff-sec N
o mass density-of alr, slugs/cu ft
o rotor solidity, bec/xR, 0.037h-
Oy rotor solidity at spanwise station x : -
@ inflow angle at blade element, %‘%( 1+ %%9 - i), radians
Q rotor angular velocity, radian/sec
Subscript:
t rotor tip

APPARATUS AND TEST METHODS

The Investigation reported herein was conducted on the modified ver-
sion of “he Langley helicopter test tower described in reference 2, Modi-
fication consisted of enlarging the working area at the base of the tower
and repowering with a 3,000-horsepower varlable-frequency electric drive
motor. The rotor, as tested, was a fully articulated two-blade rotor with
the flapping hinge located on the center line of rotation and the drag
hinge 12 inches outboard of the center line. A photograph of the rotor
installation on the Langley helicopter test tower is presented in figure 1.

Rotor Blades

The rotor blades used in the investigation were-of all-metal con-
struction and had NACA 635-015 airfoil sections. The rotor blades were

of rectarngular plan form with a chord of 13 inches, a radius of 18.41 feet,
a solildity of 0.037h, and had 6.5° of linear negative twist between the
center of rotation and the blade tip. A single rotor blade as tested
weighed 60 pounds and had a spanwise center of gravity at 18.2 percent of
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the radius and s chordwise center of gravity at 26.8 percent chord from
the leading edge. The pltch axis of the rotor blade was located at
10.3 percent chord from the leading edge.

The main spar was a tubular-steel D-sectlion located at the leading
edge of the asirfoil. The oubtside of the airfoll was formed by a single
wrapping of stainless-steel skin cemented together at the trailing edge.
The rearward T5 percent of the airfoll skin was reinforced with chord-
wise hat sections bonded internslly to the stalnless-steel skin and to
the msin spar.

. The rotor blade was a factory production model and devieted slightly
from & true NACA 63,-015 airfoil sectlon; however, the airfoil was smooth

and. free from flat spots over most of the blade span in the area extending
back to about 20 percent of its chord. A convenient indication of relative
smoothness of the rotor-blade surfaces 1s given by the zero-lift{ profile-~
drag coefficlent. The present productlon blade of which the skin surface
is hereinafter referred to as "smooth" had a zero-lift drag coefficient

of 0.0086. With standard NACA leading-edge roughness, the drag coeffi-
cient at zero 1lift increased to about 0.012. If the blade had had an
serodynamically smooth surface, the drag coefficient would be expected

to be about 0.005.

Tests were also made with leading-edge roughness added to the for-
ward 8 percent of the blade chord over the entire blade span. The leading-
edge roughness was standard NACA leading-edge roughness used in wind-tunnel
girfoil tests (ref %Y. The roughnesg consisted of 0.0ll-inch-diameter
carborundum particles applied over a surface length corresponding to
8 percent of the chord back from the leading edge on the upper and lower
surfaces. The particles covered from 5 to 10 percent of this aresa.

A resistance-type straln gage, mounted on the rotor-blade main spar
at about the 20-percent-radius station, was used to monitor the blade
stresses so that the test conditions would not exceed the estimated yield
stress of the blade-spar materisal.

Test Methods end Accuracy

The test procedure was to set a given tip Mach number and then vary
the blade pltch through a range from zero thrust to the point where an
increase in blade pitch did not increase rotor thrust, except in the
high-tip-speed range where the blede stresses limited the allowable pitch
renge. At each pltch setting, data were recorded both from visual dial
readings and on an oscilllogreph. Quentities measured were rotor thrust,
rotor torque, blade pitch angle, blade pitching moment, rotor shaft rota-
tional speed, blade drag angle, and blade flepping angle. The range of
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test conditions was chosen to exceed the tip Mach number corresponding - _
to the force break in order to establish the rate of increase of—com-
pressitility losses with tip angle of attack and Mach number.

The estimated accuracies of the baslic quantities measured during
the tests are as follows: rotor thrust;—£20 pounds; rotor torque,
150 foct-pounds; rotor rotational speed, 1 revolution per minute; and
all angular measurements, +0.2°. The overall accuracy of the plotted
results 1s believed to be within +3 percent.

METHOD OF ANALYSIS

In order to show the onset and rate of growth of the compressibility
drag rise and drag increase due to blade stall past the blade section
maximum 1ift, that part of the power affected by these losses had to be
isolated. An anslysis of the problem indicates that the profile-dreg
rower and, hence, the profile-drag torque coefficient would be chiefLy—
affected.

A convenlent-method of showing the rate of growth of profile torque
losses for the range of tip Mach numbers investigated 1s to use a ratio
of profile-drag torque coeffilcient deduced from the test results to that ' -
calculated by using conventionsl strip analysis and to plot the resulting

CqQ, o(measured)

Cq, o(calculated)
The assumption used 1n obtaining the calculasted CQ,o at a given rotor

Cp was the conventional airfoll drag polar _ L

cg,o = 0.0087 - 0.02160y + 0.400.2

ratios - as a function of the blade~tip angle of-attack. -

and a llnear lift-coefficient slope
€y = 8oy

This drag polar has been used. in several analyses (refs. L_to T)
and experience has shown that it 1s a good approximation of the low-
speed profile drag of well-bullt, semismooth blades below the section
meximim 1ift. The measured rotor profile-drag torque coefficlents were
determined by subtractlng a calculated induced torgque coefficient from
the measured torque coefficient.

The data were plotted as a function of tip angle of attack inasmuch -
as the tip-section angle of attack and tip Mach number are an index of
the compressibility losses. SLo. T =
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The rotor-blade~tip engles of attack were determined by first
plotting the rotor thrust coefflclent as a function of measured rotor-
tip pitch angle. Secondly, a calculated tip inflow angle Py was .

obtalned from strip analysis and was plotted as s functlon of calculated
rotor thrust coefficient. AL a given experimental rotor thrust coeffi-
cilent, the tip angle of attack was obtalned by subtracting the calculated
inflow angle Py, obtained at the same thrust coefficlent from the meas-

ured tip pitch angle 0,

The measured blade pitching moments consisted of moments due to aero-
dynamic and mass forces and, since they were small, no attempt has been
made to separate them into individual components. The measured moments
have been reduced to nondimensional coefficients.

The blade pitching moments were obtained by measuring the forces in
the blade pitch conbtrols. At zero 1lift, the moments are those about the
pitch axis which is located 10.3 percent from the chord leading edge.

As the 1ift 1s increased, another moment sppears which is a moment about
the blade center of gravity and is equal to the product of the blade
1ift and the distance bebtween the center of gravity and the aerodynamic
center. There also exlsts s moment due to centrifugel forces which acts
to restore the blade section to flat pitch, but it 1s small and has been
ignored.

No attempts were made to obtaln the blade aerodynamic moment by
subtracting the moment due to the displacement of the center of gravity
from the aerodynemic center. Inasmich as the aerodynamic-center posi- -
tion, especially with respect to high tip speeds, 1ls not preclsely known
and the position of the aerodynamic center with respect to the blade
center of gravity has a very powerful effect on the blade pltching
moment, no correction to the data has been made. Thus, more signlficance
should be attached to the presence or absence of abrupt changes of
pitching-moment slopes rather than to the actual values.

RESULTS AND DISCUSSION

The basic hovering performance and rotor blade piltching-moment
curves are presented first. From these baslc curves, a detalled anal~
ysis of the effects of compressibility and stall are presented, together
with a comparlson of the test rotor blades with the rotor of reference 1,
Synthesized rotor-blade airfoll deta that can be used to predict high-
tip~speed performance of rotors having similar airfoil sections are also
shown.
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Hovering Performance

Smooth blades.- The hovering performance of-the smooth blades is
shown in figure 2 as plots of-thrust coefficient as a function of torgue
coefficient for blade-~tip Mach numbers of 0.3l to 0.7Ll. A calculated
rotor-performance curve besed on a linesr lift=coefficient slope

¢l = adp
and conventional drag polar -

cg,o = 0.0087 - 0.0216a;. + 0.400a,2

is alsc plotted for comparison with the experimental data. The calculated

curve was obtained by using conventional strip-anslysis procedure and a
3-percent-tip loss factor (outer 3 percent of the blade produces no 1ift
but has profile drag). In general, the experimental low-tip-speed curves
show excellent agreement with the calculated curve up to a thrust—coeffi-
clent cf about 0.0050 to 0.0060 (T7 = 0.80k).

Ircreases in tip speed caused the experimental rotor-performance
curve to break away from the calculated curve at progressively lower
values of thrust—coefficient. The breskawsy point—of the experimental
curve from the calculated curve indicates the critical value at which
compressibility and stall losses begln.

It is significant that, although this rotor blade had a 15-percent-
thick airfoll section, a rotor thrust coefficient of about 0.0037
(E? = 0.6) was obtalned at a tip Mach number of O.71 with only about

a L4.4h-percent increase in power due to compressibility losses.

Leading-edge roughness.- Since helicopter.-rotor blades may develop
leading-edge roughness during normal service because of gbrasion or the
accumulation of foreign particles, a portion of the test program was
repeated with standard NACA leading-edge roughness applied to the rotor
blades. This roughness probably represents more than that usually due
to normal service and is used only to demonstrate the effects of an
extreme condition.

A comparison of the rotor performance with smooth blades grt = 0.&6,
0.62, and 0.71) and with leading-edge roughness (M13 = O.th, O.

eppllied is shown in figure 3. The addition of leading-edge roughness
increased the zero-thrust profile-torque coefficient by about 40 percent.
The increment in profile torque increases as thrust coefficient is
increased and at a tip Mach number of 0,46 and a thrust—coefficient

of 0.0050, the increment increase 1n profile torgque due to roughness is
about 3.5 times that shown at—zero thrust. The leadlng-edge roughness
reduced the meximum rotor thrust coefficient and at the highest tip Mach
number reduced the rotor thrust coefficlents at which the compressibliity

2, end 0.72)
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drag rise started to occur. For example, at a tip Mach number of O0.TL,
the rotor thrust coefficient for compressibllity drag rise is about 0.001
less than that shown for the smooth blades.

Rotor Blade Pitching Moments

~

Rotor-blade pitching-moment data are necessary to determine the
rotor control forces and are important in blade vibration and stabillty
analyses, .

Smooth blades.- A comparison of the blade pltching-moment character-
istics for tip Mach numbers of 0.31 to 0.7l for the rotor tested in the
smooth condition as a function of rotor thrust coefflecient is shown 1n
figure 4. The pltching-moment date represent the measured rotor blade
moments sabout the blade pitch axis and include both aerodynamic an
blade mass forces. -

The moments shown at zero rotor thrust coefficlent are presumably
due to deviations of the airfoll from a truly symmetricel section. The
change in blade moments as thrust i1s increased may be partly due to devi-
ation from true sirfoll contour but probably is lergely caused by the
displacement of the blade serodynemic center from the blade center of
gravity. As mentioned previously, the blade aerodynamic center is not
precisely known. Since the position of the aerodynamic center with
respect to the center of gravity has a very powerful effect on blade
plitching moments and since the actual measured moments are small (-10 £t-1b
to 90 ft-1b), it appears more loglcal to present the total measured
moments about the pitch axis of the blade. h

At the lower tip Mach numbers (below M. = 0.h6), the pitching moments
are negative (that is, nose down) throughout the thrust-coefficient range.
At the higher thrust coefficlent, the pltching-moment curve slope reverses;
thls reversal indicates a rearward shlift in center of pressure due to
blade stall. The effect of increasing the tip Mach number was to shift
the center of pressure forward slightly and thus produce nose-up moments
and to decrease the thrust coefficient at which the pliching-moment curve
slope reverses. cee

The point at which compressibility or stell begins, to increase the
rotor power requirement is noted by a tick on the curves (fig. by, It
is significant that, although the tip of the blade 1s encountering com-
pressibility losses, the reversal in slope of the blade pitching-moment
curve 1s delayed well beyond the onset of compressibility losses. This
characteristic is also shown by the unpublished data on the two-
dimensional NACA 645-015 airfoil section. At the higher tip Mach num-

bers, rotor deta were not obtalned at a high enough thrust coefficient
to determine the pitchlng-moment reversal. (Allowable blade bending
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stresses limlited the data obtainsble.) In general, more significance
should be attached to the shape of these curves than to their actual
numerical values.

Leading-edge roughness.- The effect of leading-edge roughness on
the blade pltching moments is shown in flgure 5 for tip Mach numbers
of 0.4k, 0.62, and 0.72. Leading-edge roughness shifts the pltching-
monment curves to a positive or nose-up moment over most of the thrust-
coefficlent range. This shifting indlcates thet the center of pressure
1s slightly forward as compared with the smooth conditlon. The thrust-
coefficient value at which the pitching-moment curve slope reverses 1ls
also substentielly less (15 to 25 percent) than that obtailned for the
blade 1n the smooth condition.

The polnt at which compressibility beglns to lncrease the rotor
power requirements is noted by a tick on the curves of figure 5. It is
slgnificant here also that, although the tip of the blade is encountering
compressibility losses, the reversal in slope of the blade pitching-
moment curve 1lg deleyed beyond the onset of compresslbility losses.

In general, the overall effects of leading-edge roughness are an
increase in profile drag, a decrease in maximum rotor thrust coefficient,
8 decrease 1n rotor thrust coefficient-for compressiblility drag rlse
and for the break in the pitching-moment curves.

Rotor Proflle Drag Torague

The principal effect of compressibility and stall on the rotor 1s
an increase in the rotor profile drag torque. The dividing line between
stelling losses and compresslbllity losses 1s never clearly deflned and
these losses are usually combined., In general, however, stalling losses
are predominant in the lower subsonic blade-tip Mach number range at high
angles of attack and compressibility losses are predominent st the higher
blade~tlip subsonic Mach numbers and lower angles of attack.

Figure 6 presents the ratios of Cq o(measured) b0 Cg o(calculated):

based on the aforementioned assumption of linear lift-curve slope and con-
ventional drag polar, plotted as a function of calculated blede—tip angle
of attack. At the lower tip Mach numbers (M = 0.31 to M = 0.40), the
ratio of profile-drag torque coefflcients remsins near unity up to cal-
culated blade~tip angles of sbout 10°; this condition indicates that
there was no drag lncrease over and sbove that represented by the con-
ventional drag polar. Above blade tip angles of 100, the proflle-drag
torque coefficient ratios begin to diverge from unity; thls divergence
indicates an increased drag due to flow separation on the airfoll. At
the lowest tip Mach number of 0.31, the drag increase occurred at a
lower tip sngle {(about 9.4°) than at the next highest tip Mach number
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of 0.36. This condition is probably due to the beneficial effect of a
higher Reynolds number in delaying separation. The effect of a reduc-
tion on maximum section 11ft coefficlient with e reduction in Reynolds
number, in the test region previously discussed, has also been shown
in the two-dimensional data of reference 8.

At the lower blade-~tip Mach numbers as the tip angle is increased
about 2° past the onset of blade stall, the profile torque losses are
about 40 percent greater than thet calculated by using the conventional
drag polar. AL the higher blade-tip Mach number, the initial rate of
growth of the compressibility losses indicates about a 50-percent increase
in profile-drag torque losses for 2° of blade-tip angle increase past
the onset of compressibility losses.

Comparison With Two~Dimensional Drag-Divergence Date

Since the compressibllily losses can be an appreciable part of the
total power, as indicated by figure 2, 1t 1s important that the designer
be able to predict the tip Mach number and +tip angle of attack at which
compressibility losses occur.

A comparison of the rotor-blade drag-divergence tilp Mach number and
engle of attack with unpublished data on the NACA 6&2-015 two-dimensional

airfoll sectlon is shown in figure 7. Dasta on the NACA 6h2-015 airfoil

sectlion are used In this comparison since it is the only alrfoil similar
to the actual rotor blade (NACA 632-015) on which date are availsble.

The NACA 640-015 airfoil would be expected to have about the same drsg-
divergence Mach number as the NACA 632-015 airfoll.

Date are presented (fig. 7) for the rotor blade in both the smooth
condition and with leading-edge roughness added. The results show that
at the low-tip-pitch angles the smooth rotor-blede drag-divergence Mach
numbers are slightly higher than those indicated by the two-dimensionsal
detea. This increase in tip Mach number for drag divergence has been )
shown in other rotor and propeller tests and is sometimes called a "tip
relief effect."” It is attributed to the three-dimensionsl asir flow over
and around the blade tip which reduces the alr-flow velocity over the
blade tip section and thus allows a slight increase in tip speed before
drag divergence occurs as compared with the two-dimensionsl flow over
the airfoil. As the angle of attack is lncreased past about 8 the
experimental rotor-blade drag-divergence Mach number drops below that
indicated by the two-dimensional data. T

A possible explanation of the reduced experimental rotor-blade tip
angle of attack lies with the theory from which the tip angle of attack
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is calculated. The calculation does not take into account the redistri-

bution of the induced flow (when loss of lift-occurs) and thus msy under-
estimate the rotor-blade angle of attack. Another factor is introduced -
because- of the blade twlist which caused the calculated maximum blade _
engle cf attack to occur inboard at about 50 percent of the blade redius.
Thus, the tilp angle of attack is somewhat lower than that section of the
blade causing the drag rise.

The flegged symbols (fig. 7) indicate-the Mach number for drag diver-
gence of the rotor with leadlng-edge roughness added and show the reduc-
tlon in tip angle of attack at which compressibility drag losses occur
for this condlition.

In general, the comparison of the rotor-blade drag-divergence Mach
number ‘vith that-obtalned from two-dimensional alrfoll tests provides
the designer with a basis on which to predict-the onset of compressi-
bility losses.

Comparison of Rotor Blades Having NACA 632-015 Airfoll Sectione

With Those Having NACA 23015 Airfoil Sections

The high-tip-speed performance of the present rotor is compared
wlth that obtained for a rotor having NACA 23015 alrfoil sections. Such L
a comparison would be expected to demonstrate the superior performsnce
at high rotor tip speeds that may be obtalned wlth rotores having alr-
folls with more favorable pressure distributions at moderately high sub-
sonic Mach numbers. It is therefore pertinent to examine the alrfoll-
sectlon characteristlcs of each rotor to determine the general magnitude
of the high-tip-speed rotor performance differences that might be _
expected.. -

Two-dimensional alrfoll drag divergence.- In figure 8 the two-
dimensicnal eirfoil sectlion 1ift coefficilent is plotted as a funetion
of Mach number for drag dlvergence for the two alrfolls, the NACA 23015
(ref. 9) and the NACA 64y-015 (unpublished NACA data used in the absence

of NACA 635-015 airfoil-section data). The results show that for Mach

numbers between 0.52 and 0.70 the section 1ift coefficients for drag
divergence of the NACA 642-015 alrfoil ere substantially higher than

those shown for the NACA 23015 airfoll., For example, at a tip Mach num-
ber of 0.60, the NACA 6&2-015 airfoll can operate at sbout 0.3 section

1ift coefficilent higher before drag dlvergence occurred than the NACA
23015 alrfoil can. This result represents an increase in the 1ift coeffi-~
cient of a little over 50 percent. At a constant c¢; of about 0.6, the

Mach nunber for drag dlvergence for the NACA 652-015 alrfoll 1s about
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15 percent greater than that for the NACA 23015 airfoil. At the very
low sectlon 1ift coefficients (0 o 0.21), the two alrfolls have similar
Mach numbers for drag divergence. Above e¢; = 1.0, the NACA 23015 air-

foll appears to be superior to the NACA 642—015 airfoll, but the data
range i1s insufficient to establish the trend clearly.

Rotor comparison.- The rotor blades having NACA 23015 asirfoll sec-

. tions, used in the previous tests of reference l, had a ratio of tip chord
to root chord of 0.54% and 8° linear washout. The rotor blades having
NACA 632-015 alrfoll sections, used in present tests, had a rectangular
plen form and 6.5° of linear washout. Before these rotors can be com-

pared, 1t is necessary to examine first the effects of twist and taper
on the rotor performance.

The effect of blade twist 1ls to reduce the tip angle of attack for
a glven rotor thrust end rotational speed. The effect of taper (tip
chord less than root chord) is to increase the tip angle of atback for
a given thrust and rotationsl speed. Calculations indicate that this
effect is not too powerful in that, for rotors of the same solidity and
at a blade mean 11ft coefficient of about 0.3, a ratio of tip chord to
root chord of 0.5 increases the tip angle of attack by only about 0.3°
over that for the blade of rectangular plan form. The change in tip
angle of attack for the blades with -8° of twist end those with -6.5°
of twist is also about 0.3°. Consequently, at a glven mean 1lift coeffi-
clent, the rotor blades having NACA 23015 airfoll sections, a taper ratio
of 0.54, and -8° of twist will have about the same tip section angle of
attack as the rotor blades having NACA 635-015 airfoil sections, rectan-

gular plen form, and only -6.5° of twist.

In any comparison of performasnce of rotor blades, however, the.rotor-
blade surface condition and conbour accuracy will have an Important
bearing on the rotor characteristics. The leading-edge radius of the
rotor having NACA 23015 slrfoil sectlions was about 10 percent larger than
that of the true airfoil and 1ts oversize may have resulted in a decreased
tip Mach number for drag divergence for that rotor. The leading edge of
the rotor having the NACA 632—015 alrfoil sectlion, on the other hand,
was very close to that of the true airfoll. Figure 9 shows a comparison
of the profile-torque compressibility losses between the rotor having
NACA 23015 airfoils and the one having an NACA 632-015 airfoll as curves

Cq, o(measured)

CQ,,o(calculated)
rotor-blade meen 1ift coefflclent EE. The results show that at a tip

Mach number of 0.69 the rotor having NACA 63,-015 airfoil sections can

operate at about a 60 percent higher rotor-blade mean 1ift coefflcient
without compressibility losses than can either of the rotors having

of profile torque ratios plotted as a function of
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NACA 23015 airfoil sections. Thus, the increase in section 1ift coeffi-
clent for drag divergence of the NACA 632—015 alrfoll as compared with

the NACA 23015 alrfoll thet was shown in filgure 8 is substantiated by
the measured rotor performance.

The rate of growth of the compressiblility losses of the NACA
63 ~01% rotor blades with mean 1ift coefficlent following drag diver-
gence is much less than the rate of growth for the NACA 23015 rotor. At
a blade mean lift coefficient 0.30 beyond the onset of compressibility
losses, the profile-drag torque losses for the NACA 632-015 rotor are

about twlice that calculated without compressibility effects. For the
saeme condition, the NACA 23015 robtor blade has compressibllity losses
nearly three times that calculated. Most of this improvement shown by
the NACA 632-015 rotor blade is belleved to be due to the higher air-

foll 1lift coefficlent obtained before drag divergence.

Synthesized Characteristics of the NACA 632-015 Airfoll

Section for Rotor Performence Calculations
Inasmuch as there were no experimentel deta avallable-on the high-
speed characteristics of the two-dimensional NACA 635-015 airfolil sec-

tion, rotor-blade sirfoll-section drag and 11ft curves as a functlon of
Mach number were syntheslzed from the experimental rotor performance.
The oblect of such work was to present alrfoll data thet could be used
in predicting the high-tlp-speed performasnce of rotors having similar
eilrfoils. The drag and lift curves hereln are based, to a large extent,
on unpublished wind-tunnel date on the high-speed characteristics for
the, two-dimensional NACA 6&2-015 airfoll section. It 1s believed, how-

ever, that the general shape of the section-drag-coefficient curves as
a function of Mach number and the drag-divergence Mach numbers are cor-
rect but that the section dreg coefficlents are somewhat high.

Irn flgure 10 the synthesized draeg coefflclents for the rotor-blade
NACA 652-015 airfoil section are plotted as a function of Mach number

for blede angles of attack from O° to 14° and were obtained by sub-
tracting en increment determined by trial and error from the unpublished
drag dsta on the NACA 6#2-015 alrfoil section. The resulting curves

retain the general shape of the varistion of drag with Mach number as
thet for the unpublished data. The procedure was repeated until the
corrected data would accurately predict the relationship to Cp or CQ

over the tip Mach number range of 0.31 to 0.7l covered in the investi-
gation. No attempt was made to correlate Cp or Cg with the measured

blade pitch angle 6.
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The synthesized 11ft coefficient for the rotor-blade NACA 632-015

alrfoll section 1s plotted in figure 11 as a function of Mach number for
angles of atback from 0° to 14°. The rotor-blade section-lift-coefficient
curves were 1dentical to the unpublished lift-coefficient date on the
NACA 6&2-015 ailrfoll section except that the maximum l1ift-coefficient

values were lncreased to predict accurately the actual experimental rotor
performance. Drag and 11ft curves are presented for Mach numbers up to
0.75 but beyond a Mach number of 0.7l the curves are dashed to indlcate
their provisionsl nature.

Generally, the use of the wind-tunnel data on the two-dimensional
alrfoil section to calculate the increase in rotor power due to compress-
ibility effects results in overestimating the power requirements. This
effect is often referred to as a "tlp relief effect" wherein the rotor
or propeller blade does not experience the same drag, as indicated by
two-dimensional date, because of the relleving effect of the air flowing
over and around the blade tips. In figures 10 and 11 the "tip relief
effect" is already included in the dsta since the curves were based on
the experimentel rotor performence. When the rotor performance is cal-
culated by using the date shown in figures 10 and 11, the usual low-speed
assumptions, that the outer 3 percent of the blade radius produces no
1ift but has profile drag, still apply.

CONCLUSIONS

As a result of the high-tip-speed tests, the effect of compressi-
bility on the hoverilng performance and blade pitching-moment charscher-
istics of a rotor blade having NACA 632-015 airfoil sections has been

determined experimentally over a tip Mach number range from 0,31 to O.71.
The performance of the test rotor has been compared with that obtalned
previously with rotor bledes having NACA 23015 alrfoll sections.

The most significant conclusion is that the differences in Msch num-
ber for drag divergence between airfoils shown by two-dimensionsl date
are realized in actual rotor tests. This result then shows that it
should be possible to calculate the onset of compressibillity drag rise
of other rotors based on thelr two-dimensionsl sectlon data.

Another important conclusion is that, even though the rotor of the
present test had a l5-percent-thick eirfoil section, it could operate
at a tip Mach number of 0.7 and mean blade 1l1ft coefficlents of up +to
about 0.6 before encountering any appreciable compressibility losses,
At a tip Mach number of 0.69 the rotor having NACA 635-015 airfoll sec-

tlons, with a thickness distribution developed for more favoreble high-
tlp-speed performance, could reach a 60 percent higher rotor-blade mean
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1ift coefficlent wilthout any compressibility losses as compared with the
rotor having NACA 23015 alrfoil sections. Some small part of this N
improvement in performance may be attributable to the more accurate con-
struction of the NACA 63,-015 rotor blades.

The data also show that the reversal in sliope of-the blade pitching-

moment curve is delayed bheyond the onset of compressibility losses.

Synthesized drag ahd 1lift characteristlic curves for the rotor-blede
airfoil section are presented for predicting the high-tip speed perform-
ance of rotors having similar airfoils.

Langley Aeronautical Laboratory,
Netional Advisory Committee for Aeronautics,
Lengley Field, Va., August 2, 1956.
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the Langley helicopter test tower.

Figure 1.- Rotor blades heving NACA 632-015 airfoll sectlons mounted on
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